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Abstract 
Wind tunnels typically have higher 
free stream turbulence levels than are 
found in flight. Turbulence intensity has 
been measured to be 0.5% in the NASA Lewis 
Icing Research Tunnel (IRT) with the cloud 
making sprays off and around 2% with cloud 
making equipment on. Turbulence intensity 
for flight conditions was found to be too 
low to make meaningful measurements 
(<0.1%) for smooth air. This difference 
between free stream and wind tunnel 
conditions has raised questions as to the 
validity of results obtained in the IRT. 
One objective of these tests was to 
determine the effect of free stream 
turbulence on convective heat transfer to a 
smooth and rough airfoil. Another objective 
was to obtain needed heat transfer data for 
the NASA Lewis LEWICE ice growth prediction 
code. 
These tests provide in-flight heat 
transfer data for a NACA-0012 airfoil with 
a 533 cm (21 inch) chord. Future tests 
will measure heat transfer from the same 
airfoil in the Lewis Icing Research Tunnel. 
Roughness was obtained by the attachment of 
small, 2 mm diameter hemispheres of uniform 
size to the airfoil in three different 
patterns. Heat transfer measurements were 
recorded in flight on the NASA Lewis Twin 
Otter Icing Research Aircraft. 
Measurements were taken for the smooth and 
roughened surfaces at various aircraft 
speeds and angles of attack up to four 
degrees. Results are presented as Frossling 
number versus position on the airfoil for 
various roughnesses and angles of attack. 
Nomenclature 
surface area of gage 
chord length 
equivalent leading edge diameter 
Frossling number based on chord 
Frossling number based on 
convective heat transfer coefficient 
thermal conductivity of air 
Mach number 
Nusselt number based on chord 
Nusselt number based on equivalent 
equivalent diameter 
diameter 
igeceased 
**$raduate Student 
Professor, Chemical Engineering 
electric power input to heater 
heat loss from unguarded end of gage 
heat loss through gap 
heat loss due to radiation 
Reynolds number based on chord 
Reynolds number based on equivalent 
diameter 
Tt total temperature 
Tw measured gage temperature 
v velocity 
u Stephan-Boltzman constant 
p viscosity of air 
6 density of air 
E surface emissivity of polished 
aluminum 
Introduction 
The hazards of aircraft icing are well 
known. The affect on flow characteristics, 
especially the reduction of maximum lift 
and increase of drag on an iced airfoil are 
documented in references 1-5. A thermal 
analysis of ice accretion shows that 
convective heat transfer is a significant 
factor in the icing process. When 
supercooled water drops from a cloud strike 
an airfoil or engine inlet lip, the heat of 
fusion must be removed before they can turn 
to ice. If the convective, conductive and 
evaporative cooling, as well as the warming 
of impinging droplets, can sufficiently 
overcome the kinetic heating and remove 
enough heat from the water droplets on t e 
airfoil surface, then ice will form6,’. 
The dominant term in this heat balance is 
convective cooling. 
Therefore icing facilities and ice 
accretion modeling codes must accurately 
reproduce and simulate convective heat 
transfer in natural icing conditions. Wind 
tunnels typically have higher free stream 
turbulence levels than are found in flight. 
Turbulence intensity has been measured to 
be 0.5% in the NASA Lewis Icing Research 
Tunnel (IRT) with cloud making sprays off, 
and around 2% with cloud making equipment 
(nozzle atomizing air only) operating. 
Turbulence intensity for smooth air flight 
conditions measured during this study have 
been found to be too low to make 
meaningful measurements (<0.1%). Somewhat 
higher levels (0.2-0.4%) were obtained in 
rough air below a layer of cumulus clouds. 
This difference between free stream and 
wind tunnel turbulence has raised questions 
as to the validity of results obtained in 
icing wind tunnels. 
One objective of the present tests is 
to determine the effect of free stream 
turbulence on convective heat transfer to a 
smooth and roughened airfoil. A second 
objective of this work is to obtain much 
needed heat ransfer data both for NASA 
Lewis' LEWICE' ice growth prediction code 
and to describe the fluid and thermal 
physics occurring during the icing process. 
The NASA code currently uses cylinder in 
crossflow heat transfer data for the 
stagnation region and flat plate heat 
transfer coefficients for the rest of the 
airfoil surface. The present tests provide 
flight test heat transfer data for a NACA- 
0012 airfoil for both a smooth surface and 
three quantifiable roughness patterns. 
Little data presently exists on 
convective heat transfer f m an airfoil. 
A NACA Study (1946-1951) 9,f' compared in- 
flight convective heat transfer from an 
airfoil, in clear air and during icing 
conditions, with results from the IRT. For 
the flight data two separate airfoils, a 
NACA-0012 and a NACA 65,2-016, were tested 
at zero angle of attack. Only the 65,2-016 
was subsequently tested in the IRT. In 
the "flat plate" region (i.e. the region 
away from the stagnation area) the data 
showed a substantial difference between 
flight and IRT heat transfer on the forward 
portion of the airfoil where the boundary 
layer was laminar. The IRT data was over 
30% higher than the flight data. This 
difference has been attributed to the 
higher turbulence intensities present in 
the IRT. This conclusion is also supported 
by the fact that the flight and IRT data 
agreed fairly well on the downstream 
portion of the airfoil where the boundary 
layer was assumed to be fully turbulent. 
Besides being restricted to a zero 
angle of attack, two other factors limit 
the usefulness of the data for computer 
code predictions. First, the data is 
incomplete and somewhat inconsistent in the 
stagnation region, the area where ice 
growth initiates. Secondly, this data was 
not taken for a rough surface, which can 
significantly alter boundary layer 
characteristics and thus the convective 
heat transfer. Roughness, the result of 
early ice growth, may force a laminar 
boundary layer into transition in the ice 
formation zone. This behavior was observed 
in recent experiments performed on a 
cylinder in crossflow under differ t 
turbulence and roughness conditions . 
Hence the background turbulence of the IRT 
may not hinder the simulation of airfoil 
ice accretion in flight. 
Heat transfer coefficients on a smooth 
NACA-0012 airfoil in a subsonic wind 
tunnel, as well as on a five minute ice 
accretion shape were measured in reference 
12. The smooth airfoil measurements were 
taken at various angles of attack (-8 
through +8 degrees) and for a c ord bas d 
Reynolds Number range 
While the zero degree angle of attack data 
agreed generally with the NACA study, the 
data showed a much larger angle dependence 
on the suction side as compared to the 
pressure side. The data also demonstrated 
f !I
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a Nusselt Number increase proportional to 
the square root of the Reynolds Number. 
The present study focused on 
convective heat transfer measurements on a 
NACA-0012 airfoil. The NACA-0012 was chosen 
because it is a symmetric profile that is 
commonly used in helicopter main rotor and 
tail rotor applications where ice growth is 
not controlled by electric heating or 
pneumatic boots. Local heat transfer 
coefficients were calculated from 
measurements taken on a smooth and 
roughened NACA-0012 airfoil with a 0.533 
meter (21 inch) chord length. Roughness 
was obtained by the attachment of small 
hemispheres of uniform size (2 mm diameter) 
onto the airfoil in a set and reproducible 
pattern. Three separate position 
patterns, similar to those employed by 
Sch1ictingl3 in his boundary layer work, 
were used. These patterns were chosen to 
facilitate numerical modeling of the 
roughness in various computer codes. Heat 
transfer measurements were recorded in 
flight on the NASA Lewis Twin Otter Icing 
Research Aircraft. Data were collected 
for smooth and roughened surfaces at 
various aircraft speeds and angles of 
attack up to four degrees. Results are 
presented as Frossling Number versus 
position on the airfoil for various 
roughnesses and angles of attack. Also 
stagnation region data is compared with 
Frosslin ?is cylinder in crossf low 
solution . For comparison purposes, 
similar tests are also planned in the NASA 
Lewis Icing Research Tunnel. 
Aircraft 
The NACA-0012 airfoil was flown atop 
the NASA-Lewis Twin Otter Icing Research 
Aircraft. The aircraft with the airfoil 
mounted is shown during an aerodynamic 
check flight in figure 1. The Twin Otter is 
a typical twin engine commuter type 
aircraft powered by two 550 shaft 
horsepower turboprop engines. The maximum 
sustainable speed with the NACA-0012 
research airfoil mounted was around 69- 
m/sec (135 knots) at 1585-2250 meters 
(5200-7400 feet) pressure altitude and a 
temperature range of 289-294 K (60-70°F). 
The airfoil was mounted on the aircraft by 
attaching the lower end of it to a column 
that extended through the research hatch to 
the floor of the fuselage. The upper end 
of the airfoil was secured by flying wires 
that were attached to the sides of the 
fuselage. 
Airspeed was measured using the 
Pitot-static probe built into the boom 
attached to the nose of the aircraft shown 
in figure 1. 
Angles of attack and yaw were measured 
using four pressure sensing ports in the 
hemispherical tip of the boom. The pressure 
difference from the two vertically opposed 
pressure taps was calibrated to measure 
aircraft angle of attack by comparing it to 
deck angle measured with an inclinometer. 
The zero yaw delta-p obtained from the 
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horizontally opposed pressure taps was 
calibrated by aligning a string attached to 
the nose of the aircraft which followed the 
airstream with the aircraft centerline. 
The slope of the yaw delta-p versus yaw 
angle was assumed to be the same as that 
for the angle of attack. 
Free stream static temperature was 
measured with a commercially available 
temperature probe which contained a 
platinum resistance thermometer in a 
specially designed scoop housing. The 
manufacturer supplied calibration data to 
obtain static temperature from the recovery 
temperature meafyred by the probe and the 
true airspeed. Total temperature was 
calculated using the one-dimensional energy 
equation for a perfect gas under isentropic 
conditions. 
A previous calibration of airspeed 
measured at the boom versus airspeed 
measured at the location of the airfoil was 
used to obtain free stream velocity, total 
temperature and static pressure at the 
test airfoil location. 
Test airfoil 
Heat transfer measurements were made 
on a NACA-0012 airfoil that was designed 
specially for that purpose. The airfoil 
had a chord of 533 cm (21 inches) and a 
span of 1.8 m (6 feet). The airfoil was 
constructed of mahogany and had two spars 
of square, hollow, steel tubing imbedded in 
it. 
An array of heat transfer gages was 
located in a removable section at the 
center of the span. The gages were 
constructed of aluminum and were 6.60 cm 
(2.60 inches) long in the spanwise 
direction, 0.476 cm (0.1875 inch) wide in 
the flow direction, and 0.318 cm (0.125 
inch) deep. Each gage had a groove 
machined into its edge which contained a 
type E (chromel-constantan), stainless 
steel sheathed, closed, grounded ball 
thermocouple which was held in place with 
an aluminum filled epoxy. A commercially 
available, thin foil heater was fastened to 
the back of each gage with a pressure 
sensitive adhesive. The heat transfer gages 
were held in place with an epoxy that was 
filled with hollow glass microspheres and 
colloidal silica which made final 
contouring to the airfoil profile easier. 
Guard heaters were located beneath the heat 
flux gages to keep heat from leaking out 
the back side of the airfoil. The airfoil 
and epoxy around the gages were sprayed 
with a thin layer of epoxy to seal them 
from moisture. The surface of the gages was 
not coated but was polished to a high 
luster with a polish made for aluminum. 
Figure 2. shows a cross section of the 
airfoil and the location of the heat 
transfer gages. Table I gives the surface 
distance from the geometric stagnation 
point to the center of each gage and its 
heat transfer surface area. 
The airfoil actually contained 28 heat 
flux gages but only 12 gages in the 
stagnation region were used in these tests 
due to difficulty with the automatic 
controller and data acquisition system. It 
was felt that the gages in the stagnation 
region were of the most interest because 
this is the area where the ice initiates. 
Of these 12 gages only 10 were used to 
report data; gages 1 and 12 were used as 
guard heaters to limit the amount of heat 
leaked from the measuring gages. 
The airfoil was also instrumented with 
two static pressure taps. These taps were 
located on opposite sides of the airfoil at 
the 12% chord position. They were used to 
obtain a measure of angle of attack but 
were not calibrated for that purpose. 
Surface roughness was added to the 
airfoil by fastening hemispheres of silver 
alloy to the surface with cyanoacrylic 
adhesive. The hemispheres were 2 mm in 
diameter and were attached to the airfoil 
in three different patterns. A photograph 
of a typical pattern is shown in figure 3. 
Figure 4 shows sketches of the location of 
the roughness elements relative to the heat 
flux gages for the three patterns. The 
thermal resistance of the gage surface was 
not altered significantly because of the 
sparse spacing of the elements and the high 
conductivity of the silver alloy. No 
attempt was made to account for the 
presence of the roughness elements in the 
data reduction. 
Data acquisition svstem 
Data collection and recording was 
controlled by a microcomputer. All 
parameters necessary to calculate aircraft 
true airspeed, total temperature, pressure 
altitude, angles of attack and yaw were 
scanned by a commercially available unit 
which contained a multiplexer, signal 
conditioning amplifiers, and a 12-bit 
analog to digital converter. Voltages and 
currents from the heat flux gages were also 
digitized with this unit. Digitized signals 
from this unit were passed to the 
microcomputer which scanned and recorded 
each channel 10 times for each data point. 
Thermocouple extensions were 
terminated at a constant temperature 
reference block whose temperature was read 
with a calibrated platinum resistance 
thermometer. Individual thermocouple 
channels were switched, using a relay type 
multiplexer, to a digital multimeter that 
was capable of reading down to 1 microvolt. 
The IEEE-488 output from this multimeter 
was then recorded by the microcomputer. 
Each thermocouple channel was also scanned 
and recorded 10 times. 
Test vrocedure 
Turbulence measurements 
Turbulence measurements were made on 
two different flights. The first flight 
was a preliminary test without the test 
3 
airfoil in place to determine if turbulence 
from any part of the aircraft structure 
would interfere with the heat transfer 
measurements. A constant temperature hot 
wire was mounted about 0.9 meter (3 
feet) above the fuselage in the same 
position as the test airfoil heat flux 
gages. The aircraft was flown during 
daylight both in smooth air and under a 
layer of cumulus clouds. The second 
flight took place in darkness with the 
test airfoil in place. For this test, 
the hot wire was mounted about 2. a 
meters (9 feet) forward of the airfoil 
and slightly offset from the aircraft 
centerline. For both flights the hot 
wire was operated in the uncalibrated 
mode as described in reference 16. To 
obtain the bridge voltage at zero 
velocity, the hot wire probe was 
covered with a plastic cylinder and 
allowed to come to equilibrium 
temperature with the air stream. 
At very low turbulence intensities 
(less than about 0.2%) , hot wire 
measurements are subject to several 
sources of errors that are not 
important at higher intensities. 
Vibrations of the prongs that the wire is 
mounted on and vibrations of the wire 
itself are among the causes of high 
frequency fluctuating signals that can 
be interpreted as turbulence if one 
only measures the bridge rms voltage 
(spectral analysis of the signal is 
required in order to determine if these 
false signals are present). To eliminate 
some of the effects of these false signals, 
the bridge voltage was run through a low 
pass filter that was set to cut the signal 
at frequencies above 5 kHz. 
For both flights, the level of 
turbulence intensity in smooth air was 
measured to be around 0.1%. From 
experience with hot wire equipment in 
low turbulence wind tunnels and 
examination of the bridge signal on an 
oscilloscope, it was felt that the 
turbulence intensity for these flights was 
as close to zero as one can get even though 
the numbers from the hot wire equipment 
indicate otherwise. For the flight under 
the layer of cumulus clouds, the intensity 
was measured to be between 0.2 and 0 . 4 % .  
This increased intensity was probably due 
to large scale fluctuations the aircraft 
flew through. It was determined from the 
hot wire measurements that turbulence 
generated by the aircraft structure was not 
a problem and that there was no change in 
the intensity at any of the different 
flight conditions. 
Heat transfer measurements 
All heat transfer data acquisition 
flights were made in darkness to avoid 
solar radiation on the gages and airfoil. 
Flights were conducted at an arbitrary 
altitude that provided smooth atmospheric 
conditions. At low speeds, flaps were 
deployed to minimize the aircraft deck 
angle. At 36 m/sec (70 knots) the measured 
angle of attack was about 1.5 degrees. This 
small angle of attack resulted in a 
slightly swept back test airfoil; this 
effect was ignored in analysis of the data. 
When steady conditions were 
established, the heaters were all adjusted 
to a constant temperature which was 
typically in the range of 306-314 K 
(90-105°F). The heat flux gages were 
operated in the constant temperature 
mode. The temperature of each gage was 
controlled by a circuit that sensed 
thermocouple voltage, amplified it, 
compared that to a reference voltage and 
adjusted the heater voltage to maintain the 
desired temperature. The gain of each 
amplifier could be changed to adjust the 
temperature of individual gages. The 
reference voltage was common to all 
circuits and could be changed to increase 
or decrease the temperature of all gages 
simultaneously. When steady conditions were 
reached, data recording was initiated. 
About two minutes was required to obtain 
and record the required 10 scans of all 
data channels. 
To obtain data for various angles 
of attack on the research airfoil, the 
pilot yawed the aircraft (aircraft yaw = 
research airfoil angle of attack) using a 
combination of rudder and aileron. The 
difference in pressure between the two 
static pressure taps on the airfoil gave a 
measure of the angle of attack; this 
quantity was recorded with the other data. 
Figure 5 is a plot of aircraft yaw angle 
measured from the boom delta-p versus the 
pressure difference between the two static 
taps on the airfoil made dimensionless by 
dividing by the dynamic pressure ( 6v2/2) . 
This plot gives a measure of the scatter in 
the angle of attack. The scatter in the 
abscissa is the accuracy with which the 
pilot could set and hold the aircraft yaw. 
Data reduction 
The average heat transfer coefficient 
from each gage was obtained from the 
applied heater voltage and current, and the 
temperature difference between the gage 
and the calculated free stream total 
temperature. Since only the convective 
heat transfer was desired, the radiation 
heat loss had to be subtracted from the 
total electric power input to each heater. 
Further, the heater gages embedded in the 
airfoil were secured in place and separated 
from each other by an epoxy resin. Some 
heat was conducted from the edges of each 
gage, through the epoxy and convected from 
the surface of the foil in the gaps between 
gages and from the unguarded ends of the 
gages. These losses were also subtracted 
from the electric power. Therefore, the 
local convective heat transfer coefficient 
for each aluminum heater gage was 
calculated from: 
hcon 
QEI-Qrad-Qga p-Qend 
A(T, - Tt) (1) 
- 
4 
where QEI (voltage X current) is the total 
electric power input to each heater. The 
quantity Qrad is the radiation heat loss, 
which is estimated by: 
Qrad = uAE(T,~ - Tt4) (2) 
A value of 0.045 was used for E, the 
and Qend are the heat loses through 8gg 
epoxy gaps separating the aluminum gages 
and the unguarded ends of the heaters. 
These were obtained from an exact solution 
for heat conduction in a rectangle with 
appropriate boundary conditions as 
detailed in reference 11. The remaining 
quantities are: A, the surface area of 
each aluminum gage, T , the measured gage 
temperature , and Tt , tge total temperature 
calculated from the measured static 
temperature and the true airspeed, i.e. 
(3) 
emissivity of polished aluminum. Q 
Tt = Ts ( 1+M2/5) 
where M is the Mach Number. Two Frossling 
Numbers were employed in this analysis, one 
based on chord length and the other based 
on an equivalent leading edge diameter. 
This equivalent diameter is defined as the 
diameter of a cylinder inscribed in the 
leading edge of the airfoil. The Frossling 
Number based on chord was calculated as: 
Nu, (hconc/k) 
(4) - Frc = -  
JRe, J ( ~VC/P 1
where c is the 0.533 meter (21 inch) chord 
length. 
equivalent diameter was calculated as: 
The Frossling Number based on 
"+ (hcond/k) 
(5) - Frd = -  
JRed J ( 6vd/p 1 
for 13 where the equivalent diameter, d, NACA-0012 airfoil is 3.16% of the chord 
or 1.69 cm (0.664 inch) for the airfoil 
tested. The density, 6 ,  was calculated 
from the ideal gas relation for air using 
the static temperature and pressure at the 
test airfoil location. Velocity was the 
calculated true airspeed at the test 
airfoil location. The thermal conductivity, 
k, and viscosity, p ,  were obtained as 
functions of temperature from the air data 
of reference 18. These thermal properties 
were evaluated at the film temperature 
given by: 
Error analvsis 
An error analysis accordin to the 
method of Kline and McClintock 3 9  was 
performed on each of the calculated local 
convective heat transfer coefficients, 
The errors for each gage were 
hcon. similar and averaged around 15%. The 
majority of this error was found to be due 
t.o uncertainty in the gap heat loss term 
because the thermal conductivity of the 
epoxy gaps was not known and had to be 
estimated. This would not be a random 
error but would tend to bias the data 
either high or low. 
Results and Discussion 
In this section heat transfer data for 
smooth and roughened airfoil surfaces will 
be presented as Frossling number based on 
chord length versus dimensionless surface 
distance from stagnation point (s/c) . 
These results will be presented for nominal 
0, 2, and 4 degree angles of attack, and 
for various Reynolds number8 in the range 
1.24 x lo6 to 2.50 x 10 . Table 2 
contains the Frossling numbers for all 
gages, Reynolds numbers, and angle of 
attack for data points taken. A comparison 
will be made of the present data with 
previous airfoil heat transfer work and 
with an analytical solution for a cylinder 
in cross flow. 
Smooth airfoil 
Figure 6 shows Frossling number based 
on chord as a function of s/c for the 
smooth airfoil at 0 degree angle of attack 
for several Reynolds numbers. The data 
plotted in this manner collapses onto a 
single curve which shows that the heat 
transfer coefficients are proportional to 
the square root of Reynolds number. The 
solid line on the figure represents the 
averaged, smooth-surface, zero degree angle 
of attack data and will be plotted on 
subsequent figures for reference. As 
expected the Frossling number is greatest 
at the stagnation point, an average value 
of 4.3 being observed, and then trailing 
off smoothly to an average value of 1.0 at 
s/c of 8.3. The at s/c = 4.8 cannot 
be explained; there are no obvious 
roughnesses or steps in the surface at this 
or any other point. Perhaps there is a 
subtle anomaly in the profile at this point 
that has not been detected. 
Defining Frossling number in terms of 
an airfoil leading edge equivalent diameter 
allows comparison of Frossling's analytical 
solution for heat transfer in 
stagnation region of a circular cylinder 
with the present data. The average 
Frossling number based on leading edge 
equivalent diameter for the smooth airfoil 
was found to be 0.76, roughly 22% lower 
than the 0.945 value predicted by 
Frossling's cylinder solution. Frossling's 
analytical results are often used with an 
equivalent leading edge diameter to compute 
heat transfer in the stagnation region for 
airfoils and turbine blades but, to our 
knowledge, no one has ever conducted an 
experiment to prove the validity of this 
method. 
Figure 7 is a plot of Frossling number 
based on chord against s/c for the smooth 
airfoil at a 2 degree angle of attack. Data 
for the suction side of the airfoil are 
represented by the positive s/c values. 
This convention will be maintained 
tPz 
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throughout this report. The data again 
collapses onto a single curve and 
illustrates good agreement with the jRe, 
dependence. Comparison with the 0 degree 
smooth foil data shows no notable 
difference. 
Figure 8 shows Frossling number for a 
smooth airfoil at 4 degrees angle of 
attack. Again the data for all Reynolds 
numbers can be represented by a single 
curve. Comparing with 0 and 2 degree data, 
shows very little angle dependence save a 
slight increase (11%) on the leading edge 
and a slight decrease (6%) on the first 
gage of the pressure side of the airfoil. 
This behavior can be explained by the 
movement of the aerodynamic stagnation 
point toward the pressure side with 
increasing angle of attack. This changes 
the radius of curvature at the aerodynamic 
stagnation point; the stagnation region 
sees an effectively larger equivalent 
diameter and this results in a lower heat 
transfer coefficient. The flow is then 
highly accelerated around the leading edge 
increasing heat transfer at the geometric 
stagnation point. 
Leadins edse roushness 
Figures 9,10, and 11 show Frossling 
number based on chord versus s/c f o r  an 
airfoil with roughness elements attached to 
the leading edge, as shown in figure 4 b.), 
for angles of attack equal to 0, 2, and 4 
degrees, respectively. The roughness 
element row positions are denoted by the 
arrows below the abscissa. Compared with 
data from the smooth airfoil, the leading 
edge roughness increases the heat transfer 
an average of 8% at the stagnation point 
but it returns to essentiallv the smooth- 
surface values away from the stagnation 
region. This increase may be partially 
explained by the 4 %  increase in surface 
area due to the presence of the 
hemispherical roughness elements. It could 
also be attributed to a disturbance of the 
boundary layer by the relatively huge 
roughness elements followed by a return to 
laminar flow sufficiently past the leading 
edge trip point. Note also that this data 
set exhibits the same slight angle of 
attack dependence for the first pressure 
side and leading edge gages as the smooth 
airfoil. The first gage on the suction side 
measures slightly (8%) higher heat transfer 
for the 4 degree angle of attack than for 0 
or 2 degrees. 
Sparse roushness 
Frossling number as a function of s/c 
for the sparse roughness pattern shown in 
figure 4 c.) at 0, 2 and 4 degrees angle of 
attack are presented in figures 12, 13, and 
14 respectively. Compared with the 
smooth airfoil, this data set contains 
somewhat more scatter but still can be 
represented by a single curve which is 
consistent with the JRe dependence. For 
the 0 degree angle of &tack case, the heat 
transfer increase at stagnation (gage 4 )  is 
11%; comparable the leading edge roughness 
case. Past the stagnation region, the heat 
transfer exhibits a pattern of increasing 
at and immediately downstream of the 
roughness row position and then falling off 
slightly. At gage 7, the heat transfer 
increases by 55% over the smooth airfoil 
case, increases to 59% at gage 8 ,  then 
falls to a 52% increase at gage 9. A t  gage 
10 the next row of roughness elements is 
encountered. The heat transfer at gages 10 
and 11 increases by about 170% over the no 
roughness case. The sensitivity of the 
boundary layer to roughness seems to 
increase with downstream location. 
The angle of attack dependence is also 
more pronounced for the sparse roughness 
pattern than the smooth and leading edge 
roughened cases. For the sparsely 
roughened airfoil, the Frossling numbers 
for 2 degrees angle of attack for gages 7 
through 11 increase gradually with s/c from 
8 to 15% over the 0 degree case and from 14 
to 26% going from 0 to 4 degrees. 
Increasing angle of attack causes heat 
transfer to increase with s/c over the 0 
degree case. Note that for 4 degrees, the 
characteristic increase at stagnation and 
slight decrease on the second gage of the 
pressure side of the airfoil are also 
observed. 
Dense roushness 
Frossling number versus s / c  fo r  the 
dense roughness pattern (fig. 4 d.)) at 0, 
2 and 4 degrees angle of attack are 
presented in figures 15, 16, and 17. For 
the 0 degree angle of attack case, the data 
points still tend to fall on one curve 
indicating a JRec dependence. Increasing 
the density of roughness elements from the 
sparse to dense pattern had a dramatic 
effect on heat transfer downstream. For 
the 0 degree angle of attack, gage 6 
increased 32 % and gages 7 and 8 increased 
an average of 54% over the sparse roughness 
case. Further downstream past gage 7, the 
density of roughness elements decreases and 
at gages 10 and 11, the effect of the 
increased density of the roughness elements 
upstream seems to have nearly damped out. 
This trend indicates that if there is 
roughness of sufficient magnitude present, 
the boundary layer is perturbed locally and 
immediately downstream but, as the density 
of roughness is lowered in the downstream 
direction, the heat transfer recovers to a 
level that is consistent with the sparse 
roughness pattern. 
For the 2 and 4 degree angles of 
attack there is considerably more scatter 
in the data than was present in the smooth 
airfoil cases. At high values of s/c, the 
Frossling numbers increase monotonically 
with Reynolds number; this may indicate a 
trend away from the JRec dependence with 
increasing roughness and angle of attack. 
The angle of attack dependence is much 
more prominent in the dense roughness case 
compared to other cases tested. A increase 
from 0 to 2 degrees caused roughly a 20% 
increase in Frossling number for the gages 
between s/c of 2 and 5, while a 4 degree 
change yielded an increase of roughly 
6 
39%. For gages at s/c locations greater 
than 5, increasing angle of attack from 0 
to 2 degrees caused a 15.3% increase and 
from 0 to 4 degrees a 27% increase in 
Frossling number. 
Comparison with other data 
Finally figures 18 and 19 compare the 
present smooth airfoil results with 
previously published data. Figure 18 shows 
the comparison with flight test data for 
both a NACA-0012 and a NACA 65,2-016 
airfoilsg. Aside from a few exceptional 
points good general agreement is observed, 
most values agreeing within 10 %. 
Figure 19 illustrates the comparison 
of the present smooth airfoil, 0 degree 
angle of attack flight data with wind 
tunnel data of reference 12. Relatively 
good agreement exists up to a s/c value of 
about 5; however, further down the airfoil 
Frossling numbers differ by nearly 300%. 
This could be due to wind tunnel turbulence 
or roughness of the reference 12 model 
surface. In a personal communication with 
the author of reference 12 it was indicated 
that the surface of their airfoil was 
rough . 
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Table 2. Frossling number for each gage for all conditions tested. 
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Figure 1. NASA Lewis Icing Research Aircraft with NACA-0012 heattransfer research airfoil. 
HEAT FLUXGAGES 
- -. 
GUARD HEATERS \I 
Figure 2. Cross section of NACA- 001 2 airfoil with heat flux gages. 
Figure3. Sparse roughness pattern. 
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Figure 4. Location of roughness elements relative to 
heat flux gages. 
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Figure 5. Comparison on angle of attack 
measurements from airfoil and 
aircraft instruments. 
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Figure 6. Frossling number based on chord for smooth airfoil, 
zero degree angle of attack for various Reynolds numbers. 
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Figure 7. Frossling number based on chord for smooth airfoil, 
two degree angle of attack for various Reynolds numbers. 
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Figure 8. Frossling number based on chord for smooth airfoil, 
four degree angle of attack for various Reynolds numbers. 
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Figure 9. Frossling number based on chord for leading edge roughened 
airfoil, zero degree angle of attack for various Reynolds numbers. 
Re, 1 
$ 5  
E 2  
1 
lL 9:/ 
0 1265320 
0 1878440 
+ 1884740 
- 
- .04 - .02 0 .02 .04 .06 .08 . l  
DIMENSIONLESS SURFACE DISTANCE 
~~ 
Figure 10. Frossling number based on chord for leading edge rougnened 
airfoil, two degree angle of attack for various Reynolds numbers. 
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Figure 11. Frossling number based on chord for leading edge rougnened 
airfoil, four degree angle of attack for various Reynolds numbers. 
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Figure 12. Frossling number based on chord for sparsely roughened airfoil, 
zero degree angle of attack for various Reynolds numbers. 
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Figure 13. Frossling number based on chord for sparsely roughened airfoil, 
two degree angle of attack for various Reynolds numbers. 
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Figure 15. Frossling number based on chord for densely roughened airfoil, 
zero degree angle of attack for various Reynolds numbers. 
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Figure 16. Frossling number based on chord for densely roughened airfoil, 
two degree angle of attack for various Reynolds numbers. 
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Figure 17. Frossling number based on chord for densely roughened airfoil, 
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Figure 18. Comparison of NASA 1987 smooth airfoil data with flight test 
data of reference 9. 
K 
W rn 
5 
n 
e 
z 
i 
v)  
v)  
0 
19850012 (ref.12) 
:i( 2 1 e 
- 5 - 4 - 3 - 2 - 1  0 1 2 3 4 5 6 7 8 9 10 
DIMENSIONLESS SURFACE DISTANCE, SIC 
Figure 19. Comparison of NASA 1987smooth airfoil data with wind tunnel 
data of reference 12. 
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f r e e  stream tu rbu lence  on convec t i ve  heat  t r a n s f e r  t o  a smooth and rough a i r f o i l .  Another  o b j e c t i v e  
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F r o s s l i n g  number versus p o s i t i o n  on t h e  a i r f o i l  f o r  v a r i o u s  roughnesses and ang les  o f  a t t a c k .  
Turbu- 
Turbulence i n t e n s i t y  f o r  
One o b j e c t i v e  o f  these t e s t s  was t o  de te rm ine  t h e  e f f e c t  o f  
7. Key Words (Suggested by Author(s)) 
Heat t r a n s f e r  
A i r c r a f t  
I c i n g  
A i  r f o i  1 
18. Distribution Statement 
U n c l a s s i f i e d  - U n l i m i t e d  
S u b j e c t  Category  34 
